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This paper reports results of experiments on the interaction of oblique shock waves with flat-plate boundary
layers in the 30.48 X 30.48 cm (1 X 1 ft) supersonic wind tunnel at the NASA Lewis Research Center. These
experiments were directed toward providing well-documented information of high accuracy useful as test cases for
analytical and numerical calculations. Measurements of the plate surface static pressure and shear stress
distributions as well as boundary-layer velocity profiles were obtained through the interaction region. Other
measurements were also performed in order to document the tunnel test section flowfield and the two-dimensional-
ity of the interaction regions. The findings presented provide detailed description of two-dimensional interactions
with initially laminar boundary layers over the Mach number range 2.0-4.0. Additional information with regard to
interactions involving initially transitional boundary layers was obtained at Mach numbers of 2.0 and 3.0 and those
for initially turbulent boundary layers at Mach 2.0. Flow conditions encompassed a Reynolds number range of
4.72 X 10°-2.95 x 107 /m. These findings represent the most completé and detailed set of experimental informa-
tion on oblique shock-wave /laminar boundary-layer interactions over the Mach number range 2.0-4.0. The data
are available in digitized format for test case applications. Where comparison was possible, the shock /boundary-
layer interaction results were found to be generally in good agreement with the experimental work of previous
authors, both in terms of direct numerical comparison and in support of correlations establishing laminar
separation characteristics.

Nomenclature R/¢ = unit Reynolds number based on
A,B,C freestream conditions
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Introduction

DVANCEMENTS in computational capability over the

past decade have made analytical and numerical proce-
dures increasingly more sophisticated to the point that solu-
tions of complex flow problems, such as three-dimensional
supersonic flows with wave interactions and separated regions,
will soon be possible. Along with these advancements, how-
ever, is the need for more complete and accurate sets of
experimental data, obtained from fundamental configurations,
against which the calculational procedures can be tested.

Numerous experiments have been performed on flows in-
volving interactions between boundary layers and shock waves
since their observation more than 40 years ago.! Early
pioneering studies’~> together encompassed a variety of flow
configurations and test conditions, investigating both normal
and oblique shock impingements on surfaces possessing
laminar, transitional, and turbulent boundary layers. These
early works emphasized the deduction of a qualitative under-
standing of the interaction process over a range of conditions.
More recent studies’~® have been more specialized, with
quantitative examination of specific interaction conditions as
their objective.

With regard to laminar flat-plate boundary layers inter-
acting with oblique shocks, a set of fairly detailed results® has
been applied extensively by numerous authors!®~1? as test
cases for numerical schemes and for correlations. Although
these experiments were carefully performed, they lack the
degree of documentation of measurement accuracies and tun-
nel flow characteristics that are appropriate for testing
numerical solutions. Also, these experiments examined only
Mach number 2.0.

The goal of the current investigation was to fill the need for
a suitable high-quality and well-documented data base on
oblique shock /laminar boundary-layer interactions (see Fig.
1). Sets of data similar to those of Ref. 6 were sought, but over
a range of Mach numbers and with close attention to accuracy
and documentation. Steps taken to achieve definitive informa-
tion included repetition of tests, redundancy of measurements,
and careful examination of errors throughout the data acquisi-
tion and reduction process. Characteristics of the host wind
tunnel were documented, including the extent of two-dimen-
sionality in the region where the interaction experiments were
performed. Flow properties measured within the interaction
included the plate boundary-layer velocity profiles and the
static pressure and shear stress distributions. Data were ob-
tained for a wide variety of interaction strengths and flow
conditions over the Mach number range 2.0-4.0. Limited
results were also obtained for interactions involving initially
transitional and turbulent boundary layers.!?

Experimental Method
The experiments were carried out in the 30.48 X 30.48 cm
supersonic wind tunnel at the NASA Lewis Research Center
at Mach numbers of 2.0-4.0 and freestream unit Reynolds
numbers of 3.46 X 10° to 3.07 X 107 per meter. A sketch of
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the facility is shown in Fig. 2. It is an open-circuit tunnel,
providing continuous operation by maintaining an upstream
supply of high-pressure air and a downstream subatmospheric
exhaust. For each Mach number, an individual fixed-nozzle
assembly, which includes the test section, is used. Reynolds
number control is obtained by adjustment of the stagnation
pressure in the upstream plenum chamber. Temperature of the
dried and filtered supply air, although not adjustable, is typi-
cally near the ambient atmospheric value. However, neither
condensation nor liquefaction occurred for any of the condi-
tions encountered. A schlieren system for flow visualization
and a traversable sting mount for positioning the measure-
ment probes are available in the test section area. A complete
description of the facility and its associated hardware is
provided in Ref. 13.

Flow properties measured were total temperature and static
and total pressure. Total temperatures were determined by
thermocouple voltages, using an oven reference point and
National Bureau of Standards (NBS) data tables for their
conversion. Pressure values were obtained by means of micro-
processor controlled multiple-input sequencing valves (Scani-
valves) and dedicated transducers. Sequencing valve accuracy
was enhanced by using limited-range differential transducers
referenced to a floating representative test section pressure.
All pressure transducers were calibrated against standards
having NBS traceable accuracy. Some flow velocities were
deduced by use of single-element hot-wire probes, of free-wire
and embedded-wire designs, operated as constant-temperature
anemometers.

All measurement instrumentation were linked to a mini-
computer for data acquisition, conversion, display, and re-
cording. The minicomputer was also used to control the
movement of the probes.

The program encompassed three principal areas of re-
search: a documentative study of the empty tunnel, quanti-
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tative and qualitative information to validate the two-
dimensionality of the geometry and flow conditions, and the
quantitative investigation of shock/boundary-layer interac-
tions.

Documentation of Empty Tunnel Conditions

A detailed investigation was performed to determine the
distributions of static pressure, total pressure, and Mach num-
ber throughout the test section with no model present. Ad-
ditional information obtained included a measure of freestream
turbulence intensity.

Static and total pressures were measured using separate 11
element rakes, mounted on a downstream sting mount. Under
computer control, each rake surveyed a set of 63 x-y and 11 z
positions for a total of 693 point locations. Mach number
distributions were calculated from the local static and total
pressures measured at each grid point. A measure of freestream
turbulence intensity in the test section was obtained using a
single-element hot-wire probe, with its wire positioned to
sense axial mass-velocity fluctuations.

Documentation of Two-Dimensionality

A number of qualitative and quantitative tests were made to
verify two-dimensionality of the shock /boundary-layer inter-
action within the region of study (see Fig. 3). These tests
included obtaining model and tunnel surface flow visualiza-
tion patterns, plate spanwise static pressure distributions, and
Stanton shear stress and boundary-layer profile data measured
at on- and off-axis spanwise locations.

Flow visualization was by means of a fluorescing oil film.
This technique was used to study surface patterns over the full
range of Mach number, Reynolds number, shock strength,
and probe position.

Plate spanwise pressure distributions were obtained by mea-
surement of 20 taps uniformly spaced along a line parallel to
the plate leading edge, at each of two axial locations within
the instrumented region. These distributions gave quantitative
indication of the uniformity and extent of the two-dimen-
sional zone and the effect of interaction strength on modifica-
tion of this zone. A full description of the experimental
apparatus and procedures appears in Ref. 13.

Shock / Boundary-Layer Experiment

Complete sets of detailed quantitative information in the
vicinity of interactions of two-dimensional oblique shocks
with flat-plate boundary layers were obtained for a variety of
shock strengths and flow conditions. The parameters mea-
sured included the plate surface static pressure and total
temperature, total pressure of the flow throughout the
boundary layer, and indirect measures of the U velocity
within the linear region of the boundary-layer profile near the
plate surface from both hot-wire voltage and Stanton probe
pressure values.

The basic geometry of the experimental mode] is shown in
Fig. 1. The model consisted of a bracket-mounted full-span
flat plate and a full-span shock generator of triangular cross
section. The flat plate and shock generator, both with ground
surfaces and sharp leading edges, were fixed vertically to
satisfy the functional constraints of the test section. Three
separate shock generator locations were used to keep the
oblique shock wave impingement near the center of the instru-
mented portion of the plate surface over the full Mach num-
ber range.

The shock generator was of sufficient chord length (10.16
cm) to develop a uniform compression region on the instru-
mented plate surface over an axial distance of 5.08-10.16 cm.
This provided a margin against the upstream influence from
the generator’s trailing edge expansion wave of 10-60
boundary-layer thicknesses for a typical separated interaction.
The shock generator was controlled by a pair of remotely
activated drive units and its angle with respect to the plate
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surface (shock strength) determined by calibrated potentiome-
ter output.

Measurement devices were arranged on the forward region
of the plate surface, as shown in Fig. 3, where the boundary
layer was expected to be laminar and two-dimensional.

The plate axial static pressure was obtained from 46 taps
positioned in close proximity to one another along a line
parallel to, but offset from, the plate axial centerline within
the generated two-dimensional interaction region. This offset
permitted simultaneous measurement of plate static and probe
total pressure data throughout the region, without interference
of the probe on the static pressure distribution, enabling
frequent sampling of the plate static pressures. The measured
static pressures were corrected for plate waviness using two-
dimensional smali-perturbation theory; these corrections were
significant only for data near the plate leading edge. The static
pressure distribution was then obtained by fitting a smoothed
cubic spline to within the 1o uncertainty in these values.

The axial shear stress on the plate surface was indirectly
determined from total pressure measurements made by the
probe while in contact with the plate surface at about 20 axial
locations in the interaction region; the distribution was ob-
tained by fitting a smoothed cubic spline to within the lo
uncertainty in the data. The probe was calibrated for use as a
Stanton probe based on theoretical flat-plate results for the
zero pressure gradient conditions. Conditions encountered in
the current study extend the region to which this technique
has been applied in laminar boundary layers beyond the Mach
2.0 limit previously investigated,'* with results suggesting a
3/4 power law for probe calibration between Mach 2.5 and
4.0. The calibration results were in agreement at Mach 2.0.
with the 3 /5 laminar power law and 3 /4 turbulent power law
established previously by Ref. 14. Additional axial shear stress
data was obtained from the nine embedded hot-wire gages
mounted flush with the plate surface and positioned along a
line parallel to and offset from the plane axial centerline,
again to allow interference-free simultaneous measurements to
be made. Calibration of these gages was likewise by means of
theoretical flat-plate results for the zero pressure gradient
condition. Comparison of measured and theoretical zero pres-
sure gradient profiles indicated that their modified form fac-
tors match to within 5%, with good agreement in their shapes
at the wall. Hence, the Stanton probe computed shear stress
values are believed to be correct to within their quoted accu-
racies despite the indirect method of calibration used.

Plate surface temperature was measured by four flush-
mounted thermocouples. As these all gave nearly equal read-
ings at each flow condition, the value used was the mean of
the four readings. Plate temperature was generally 6% lower
than the calculated adiabatic wall temperature.

Boundary-layer profiles were obtained with a flat-tipped
total pressure probe mounted to and actuated by a down-
stream sting. Movement through the plate boundary layer
from freestream to wall contact was by a computer-controlled
set of discrete steps. Probe location off the plate surface was
indirectly established by calibrated potentiometer output.
Velocity profiles were calculated using the Crocco relation for
an isothermal flat plate and for a perfect gas with specific heat
ratio of 1.4 and Prandtl number of unity. Required pressures
were obtained from the axial static pressure distribution.

Complete sets of data were taken at the lowest and highest
Reynolds number conditions attainable for each of the 2.0,
3.0, and 4.0 freestream Mach numbers. A “complete set”
consisted of velocity profiles and wall shear stress and static
pressure measurements taken at a number of axial locations
within an interaction established by a fixed shock generator
angle and flow condition. Multiple sets were obtained at each
flow condition by adjustment of generator angles to produce
zero pressure gradient, weak interaction, incipient separation,
and small and large separated region conditions.
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Results and Discussion

Tunnel Survey

Results of the independent static and total pressure surveys
of the test section volume indicated a relatively constant
distribution throughout for all Mach number nozzles. Uni-
formity was typically within +1.5% at axial stations in the
volume and +3.0% overall.

The uniformity of the Mach number throughout the test
section volume surpassed that found for the pressures, with
variation within axial stations less than +0.5% and an overall
uniformity of +1.4%. .

Based on the freestream hot-wire measurements obtained,
turbulence intensity is estimated to have a mean value of
0.002 and a maximum of 0.005 for all conditions encountered.
Oil film patterns and the uniformities in pressure and Mach
number quoted suggest flow angularity to be within +1 deg of
tunnel centerline.

Documentation of Two-Dimensionality

The most comprehensive investigation of the extent of
two-dimensionality in the shock/boundary-layer interaction
experiments was performed at Mach 2.0, since wave angles
and Reynolds numbers were the largest encountered and
hence the resulting two-dimensional regions the smallest.

Flow visualization surface oil film patterns obtained over
the range of operating conditions for which data are presented
showed straight impingement or separation and reattachment
lines across almost the entire plate span, indicating two-
dimensional interactions. Axial oil streaks on the plate surface
remained axial downstream of impingement lines within the
region of study.

Quantitative data supporting two-dimensionality is pre-
sented in Figs. 4 and 5. In Fig. 4, spanwise static pressure data
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Fig. 7 Shock /boundary-layer interaction at Mach 3.0.

Figure 5 compares on- and off-axis shear stress distribu-
tions. Their good agreement gives further quantitative support
that the flow is two-dimensional. Correspondingly, on- and
off-axis velocity profiles also showed close agreement. There-
fore, high confidence of two-dimensionality was established
for the interaction data. Repeatability of all quantitative mea-
surements was also observed to be excellent.

Shock / Boundary-Layer Experiment

Figures 6-8 present graphs of quantitative results obtained
for shock wave interactions with laminar boundary layers at
Mach number 2.0, 3.0, and 4.0. For each interaction condi-
tion, the associated plate surface static pressure (solid line)
and shear stress distribution (dashed line) are displayed on an
upper grid as a function of distance from the leading edge and
of Reynolds number based on this distance, while correspond-
ing velocity profiles obtained at the indicated axial locations
are presented on the paired lower grid. Velocity and shear
stress data points for which negative values were obtained are
excluded, as their absolute magnitudes could not be resolved
directly with the instrumentation used.

Shown in each of the distribution plots for comparison are
the theoretical flat-plate zero pressure gradient laminar shear
stress distribution (represented by a dash-dot line) and the
theoretical plate axial static pressure rise associated with the
inviscid incident and reflected shock pattern (long dash line).
This shock pattern was calculated from the calibrated geomet-
ric orientation of the shock generator leading edge and plate
surface using inviscid two-dimensional wave mechanics.

Deviation of the actual static pressure rise from that of the
theoretical was due to several factors. High static pressures
were observed near the leading edge due to the induced
pressure caused by boundary-layer growth. The plate static
pressure then approached the freestream theoretical value, but
remained slightly higher due to presence of the model, causing
a slight convergence of the tunnel flow. This effect was more
noticeable for the Mach 3.0 geometry than that encountered
at Mach 2.0 or 4.0. Also, downstream of the interaction, the
actual static pressure reached a final value higher than the
computed rise. This difference was due to the effective in-
creased incident and reflected wave angles resulting from
boundary-layer displacement on the shock generator and flat
plate, respectively. In addition, as the theoretical rise was
based on a shock generator angle deduced from an “un-
loaded” calibration, the actual angle resulting from aero-
dynamic loading was different in some cases. For this reason,
it is recommended that the actual pressure rise be used as the
correlating parameter rather than shock generator angle.

Figure 6 presents results for a Reynolds number of 6.1 X
10% /m at Mach 2.0, with the near-zero pressure gradient case
shown in Fig. 6a. One sees that upstream of the very weak
interaction the surface pressure is nearly constant, and that
the skin-friction coefficient approaches the theoretical zero
pressure gradient value. The velocity profiles are seen to be
self-similar. Two characteristics unique to the Mach 2.0 model
geometry are seen in this static pressure distribution. A slight
pressure rise near X = 4 cm results from flow convergence due
to shock generator/plate proximity, but the effect is local to
only this axial position and the plate static pressure is ob-
served to return to its undisturbed value well ahead of the
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Fig. 8 Shock /boundary-layer interaction at Mach 4.0.
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interaction region. The second anomaly is that the static
pressure curve does not remain at a constant final value
downstream of the interaction, but instead continues a slow
rise. This behavior is a result of the tunnel wall bound-
ary-layer /plate leading-edge interaction disturbance, as dis-
cussed earlier, propagating along a Mach line near the down-
stream pressure taps and imposing an induced pressure on
them. The true final pressure rise, which would be recorded if
this disturbance were not present, is indicated by a dotted
line.

Corresponding data for an interaction producing a near-
incipient separation are shown in Fig. 6b. The boundary layer
is essentially undisturbed except for a small neighborhood
near the shock impingement point, as evidenced both by the
skin-friction distribution and velocity profiles.

An interaction with a stronger shock wave, causing a small
separated region, is shown in Fig. 6c. Despite the separation
and reattachment, the disturbance to the boundary layer is
relatively minor. The boundary layer both upstream and
downstream of the interaction region retains its zero pressure
gradient self-similarity. Separation is confirmed by profile D.

The most severe interaction obtained at this freestream
Reynolds number is found in Fig. 6d. Here, the shock is found
to cause an extended separated region upstream of its im-
pingement location and a well-defined separation plateau
pressure is observed. Also, resulting from this strong interac-
tion, the boundary layer undergoes a rapid transition to
turbulence following reattachment, as seen in both the shear
stress distribution curve and in the shapes of profiles E and F.

Interactions investigated at Mach 3.0 and a Reynolds num-
ber of 6.0 X 10% /m display similar characteristics under corre-
sponding near-zero pressure gradient, incipient, small sep-
aration, and large separation conditions. These results are
presented in Fig. 7. Due to the change in geometry, the shock
impingement points are further downstream than observed for
the Mach 2.0 data, although the interactions again are with
laminar boundary layers for these cases.

Noticeable differences from that of the Mach 2.0 results are
that the interaction-induced disturbances occur further up-
stream of the indicated shock impingement locations and that
the lengths of the disturbance regions are greater.

The Mach 4.0 results likewise are generally similar to those
obtained at Mach 2.0, but with the interaction occurring
further upstream of shock impingement and with longer
lengths of disturbance than realized at Mach 3.0.

The set of Reynolds number 9.5 X 10° /m results at Mach
4.0 are found in Fig. 8, with the near-zero pressure gradient
condition shown in Fig. 8a. Profiles A-C indicate an attached
laminar boundary-layer condition, with the static pressure rise
caused by leading-edge effects appearing misleadingly large
here due to the scaling chosen. Incipient separation is shown
in Fig. 8b, while laminar boundary layer separations produced
by stronger interaction conditions are presented in Figs. 8c
and 8d.

Additional results for the various Mach numbers can be
found in Ref. 13.

Comparison of Results with Previous Work

As mentioned earlier, the study reported in Refs. 6 and 15
represents the most complete previous work on the subject of
two-dimensional laminar shock/boundary-layer interactions.
Direct comparison is not possible due to disparity in the
Reynolds number ranges used in the present and previous
work. One attempt to examine the two data sets for qualita-
tive similarity of interaction phenomena, by selecting those
cases for comparison having approximately the same sep-
aration lengths and reattachment behavior, is presented in
Fig. 9. Here, the velocity profiles of the current report have
been replotted and shear stress data scaled by a ratio of local
Reynolds numbers in order to compensate for differences in
conditions. Close agreement is noted for this incipient sep-
aration as well as for other separated interaction cases.
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Correlations

Previous authors™' developed correlations to describe in-
cipient, plateau, and separation pressure using characteristics
of the laminar boundary-layer interaction, with Ref. 5 de-
ducing these by means of an extensive experimental program
and Ref. 15 providing them through theoretical formulations
based on a lifted layer analysis and by a momentum integral
approach. Comparison of their correlations with the current
experimental data is shown in Fig. 10. Correlation of sep-
aration length is examined in Fig. 11 by means of one of the
variable sets (£/L) recommended by Ref. 15. The correlation
curve of Ref. 15 is plotted along with the current data and
good agreement observed, especially considering the wide
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range of Mach and Reynolds numbers encompassed by the
data, while the correlation itself was based solely on Mach 2.0
data at lower Reynolds number conditions. The data are also
plotted and a correlation curve drawn in this figure based on
the variable ¢’/L, where ¢’ is the length of the separation
determined from the shear stress curve fit, as this provides a
more definite physical length. A complete discussion of the
results of the experimental program is found in Ref. 13, along
with a detailed examination of the accuracy of results.

Summary

Detailed information on the variation in flow properties
through the regions of two-dimensional interactions between
an oblique shock wave and primarily laminar flat-plate
boundary layers has been obtained at a number of conditions
within an overall freestream unit Reynolds number range of
4.72 X 105-2.95 X 10’ /m and for a Mach number range of
2.0-4.0. The current work provides a useful extension of
earlier Mach 2.0 data to higher Reynolds numbers, as well as
a detailed and documented body of information over a range
of Mach numbers. The information is available in a form
convenient for use by future investigators.
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